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This report was prepared by the Lockheed-Georgia Company for

the Air Force Office of Scientific Research, Boiling AFB, D. C.

The research associated with Wings A and B was performed under

Contract No. F49620-78-C-0068. The AFOSR Program Monitor was

Dr. James D. Wilson. The research activity associated with

Wing C was performed under Lockheed's Internal Research and

Development Program and has been included in this report for

completeness.

Computer time for the code evaluations was provided on the

NASA-Ames Research Center CDC 7600 computer, through the Applied

Computational Aerodynamics Branch, Dr. W. F. Ballhaus, Branch

Chief.
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SUMMARY

A comprehensive program to acquire transonic experimental data

specifically for evaluation of current three-dimensional computational

methods was accomplished. Three advanced technology wings of aspect ratios

from 2.8 to 8.0 were tested at high Reynolds number using a unique semispan

test apparatus in the Lockheed-Georgia Compressible Flow Wind Tunnel. The

unique test apparatus included provisions for removal of the wind tunnel

boundary layer and measurements of far-field pressures for evaluation of

wind tunnel wall interference. The wings were tested in an isolated con-

figuration and also in the presence of a simple fuselage in high, mid, and

low wing positions. Comprehensive pressure and force measurements were

obtained on the three wings from subcritical flow conditions up to drag

rise conditions. A unique technique for evaluation of transonic wind tunnel

wall interference was developed and applied to the test data. Particular

attention was given to documentation of all information necessary for

simulation of the experiment in 3-D theoretical computations.

The data were used to evaluate three selected three-dimensional

transonic computational methods: the Bailey-Ballhaus extended small-

disturbance (non-conservative/fully-conservative) code; the Jameson-Caughey

full-potential, non-conservative code, FLO-22; and the Jameson-Caughey full-

potential, fully-conservative code, FLO-27. Fully conservative solutions

were found to give poorer agreement with measurements than non-conservative

solutions. The FLO-22 code was found to give excellent agreement with

experiment for all three wings, while the small-disturbance code provided

acceptable agreement only for the high aspect ratio, low-sweep configuration.

The effect of viscosity was assessed by including an iterated two-

dimensional strip boundary layer solution in the FLO-22 analysis. The

difference between viscous and inviscid solutions was small.
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SYMBOLS

AR wing aspect ratio, b
2/S

b wing span

C streamwise local chord of wing

CD drag coefficient

CL lift coefficient

CM pitching-moment coefficient about quarter chord of MAC

Cp pressure coefficient

M freestream Mach number

MAC mean aerodynamic chord of wing

RN Reynolds number based on freestream conditions and MAC

S wing planform area

x streamwise coordinate measured from wing leading edge

y spanwise coordinate measured from plane of symmetry

z coordinate normal to WRP

angle of wing reference plane relative to tunnel axis

e wing section local incidence angle relative to WRP

A wing taper ratio, Ct/Cr

A' wing sweep angle

rl span station, y/(b/2)

* perturbation velocity potential

T wind tunnel wall porosity

Subscripts:

L lower surface

LE leading edge

.. .. .ix



M measured

r wing root

t wing tip

TE trailing edge

U upper surface

Abbreviations:

CFWT Lockheed Compressible Flow Wind Tunnel

WRP wing reference plane

x
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1. INTRODUCTION AND BACKGROUND

Since the original work of Bailey and Ballhaus in the early 1970's,

significant advancements have been made in the development of computational

methods for analyzing the transonic flow about isolated wings and simple

wing-body combinations. Table 1 lists some of the methods which are readily

available and are widely used in this country. These methods differ from one

another in the complexity of the governing equations and boundary conditions,

computational grids, finite-difference schemes, and solution algorithms.

The simplest problem formulation is the classical small disturbance

(CSD) Bailey-Ballhaus code, while the most complex formulation is the

Jameson-Caughey full potential equation method (FPE). Experience has shown

that when similar grids are used and solutions are converged to roughly the

same tolerance, the extended small disturbance formulations (ESD) require

about twice the computation time as the CSD. Furthermore, depending upon

the particular FPE formulation, the FPE codes require considerably more

computation time than the ESO.

Unfortunately, ESD is known to be needed to compute flows with swept

shocks, and FPE is believed to be required when accurate solutions near the

leading edge are required and/or when shock waves are more than moderately

swept. Other questions such as the need for fully conservative relaxation

(FCR) instead of non-conservative relaxation (NCR) and the accuracy

required of viscous corrections remain to be answered. Since additional

complexities result in increased costs of solutions, clearly the simplest

method which yields satisfactorily accurate results for the problem at

hand should be used.

The accuracies and computational efficiencies of the methods listed in

Table 1 can best be determined by a systematic comparison with reliable

experimental data. The comparisons must all be performed on the same

computer system, and variables such as number of surface grid points and

convergence criteria must be considered.

- -~ ----



The major obstacle to performing such an evaluation is the paucity of

reliable experimental data suitable for code correlation. Most of the

transonic test data which are available are unsuitable for inviscid transonic

code correlation because of one or more of the following test-related

problems:

c Low test Reynolds number

o Lack of transition information

o Wind-tunnel wall interference

o Flow spillage and an induced spanwise flow on splitter-plate

mounted configurations

o Interaction of wind-tunnel wall boundary-layer with floor-

mounted wings

o Limited pressure data.

Furthermore, many of the data are unsuitable because either (1) the

model incorporated old wing-design technology, or (2) the model is a complex

wing-body-component configuration which cannot be properly modeled in the

codes.

To alleviate the above situation, a comprehensive research program was

initiated in 1978 to:

(1) Acquire a set of quality correlation-tailored, transonic test

data for a series of isolated advanced technology wings and

simple wing-body combinations which would serve as a standard

for future method evaluations.

(2) Utilize these data to initiate the evaluation of selected

3-D transonic codes.
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These objectives have been accomplished by first designing, fabricating

and testing three advanced technology wings (both isolated and in the presence

of a body in high, mid, and low-wing positions) in the Lockheed-Georgia

Company high Reynolds number wind-tunnel using a unique test apparatus. The

test procedure is shown to eliminate most of the inherent problems associated

with previous tests of this type. Finally, these data are then compared with

theoretical results from the Bailey-Ballhaus ESD code, the Jameson-Caughey

FPE finite-difference method (FLO-22), and the Jameson-Caughey FPE finite-

volume method (FLO-27).

This report contains the results of this investigation. The first section

of the report is a detailed discussion of the experimental program, including

model design, test facility, test procedures, and instrumentation. A novel

approach which uses measured wind-tunnel wall pressures for taking wall-

interference effects into account in code correlation is described in the

second section. The next section is devoted to a comparison of calculated

results using advanced 3-D transonic codes with the experimental data.

Finally, conclusions are drawn relative to the quality of the data and its

applicability for transonic code correlation, the adequacy of the wall-

interference corrections, and the accuracy and efficiency of the evaluated

codes.
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2. WING DESIGN

2.1 Introduction

The philosophy adopted in this program with regard to wing design was:

(1) To use proven design techniques to obtain wings which are not

necessarily optimized, but which produce well-behaved flow fields. Such flow

fields are required for an unambiguous correlation of theory with experiment.

(2) To use wings which are geometrically simple. This not only simpli-

fies the task of applying surface boundary conditions in the computational

methods, but also makes test model fabrication easier.

(3) To cover the range of practical concepts from transports to fighters.

The planform configurations for the correlation wings are shown in

figure 1. The configurations are referred to as Wings A, B, and C. Wing A

planform is representative of an advanced transport aircraft concept while

Wing B planform is typical of a high performance fighter.

Wing C was designed to serve as a multi-purpose test article; particu-

larly for acquiring boundary layer test data to support other programs as well

as for correlating potential flow codes. As such, it represents a compromise

(with respect to the strength and extent of viscous effects) between these

requirements. The planform of Wing C is characteristic of a supersonic-

cruise, transonic-maneuver fighter.

To minimize model fabrication costs, only root and tip control stations

were defined for the three wings, with wing coordinates at other spanwise

stations defined by linear loft between the root and tip. The overall

geometric characteristics of the three semispan wing models are summarized

in Table II.
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Details of the design of each of the three wings will now be discussed

in separate subsections.

2.2 Wing A Design Procedure

Wing A is a transport-type wing defined by two control stations at the

root and tip. It has an aspect ratio (AR) of 8, and quarter chord sweep of

250. The root and tip sections are 12% thick. Wing A was designed to incor-

porate state-of-the-art supercritical airfoil technology. However, because

of the requirement of simplified geometries for the purpose of code correla-

tion, the complicated glove-type planform which is typical of advanced

supercritical wings was not used.

The wing root and tip sections were developed by first establishing a

mid-wing subcritical pressure distribution consistent with advanced super-

critical airfoil technology. The mid-wing design pressure distribution was

then incremented for root and tip effects obtained from the Lockheed version

of the Hess panel program (ref. 14). These incremented pressure distributions

for the root and tip were then used in an inverse program to produce the

actual root and tip section geometry. The resulting wing was analyzed using

both the subcritical panel program and the Bailey-Ballhaus small disturbance

transonic code (ref. 4). Results for the subcritical case are shown in

figure 2, which shows the constant sweep isobar pattern obtained by this

design procedure.

At transonic speeds the wing shock pattern obtained from the transonic

small disturbance code can be seen in figures 3 and 4. The shock pattern

follows the constant isobar sweep pattern obtained at subcritical speeds,

except in the vicinity of the wing root. The Mach number normal to the

shock was less than 1.2 at all points on the wing, so the design was

expected to perform well. The airfoil sections used to define the wing are

shown in figure 5. Actual root and tip nondimensional ordinates are given

in Table III.

5
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2.3 Wing B Design Procedure

Wing B is a fighter type wing with aspect ratio 3.8, designed for

transonic cruise. This wing is defined by root and tip sections and has a

quarter-chord sweep of 300. The root and tip sections are 6% thick and

were designed using supercritical airfoil technology for cruise conditions

at M=.9. The subcritical isobar pattern obtained on Wing B using the

panel program is shown in figure 6. The swept isobar pattern is expected to

produce, during cruise, a shock with a sweep matching the wing mid-chord

sweep. Pressure distributions from an analysis of the wing using the Bailey-

Ballhaus small disturbance transonic program are shown in figure 7 at

M =0.86. This code shows that the wing supercritical flow pattern is

dominated by a shock that is completely unswept. This discrepancy in pre-

dictions of shock sweep by the subcritical isobar technique and the

transonic small disturbance code is one question to be resolved by the test

of Wing B.

In order to keep the geometry simple, the supercritical wing glove and

fillet have not been incorporated into the design. Figure 8 shows the root,

mid-wing, and tip airfoil sections in a rigged position. Wing B non-

dimensional section ordinates are given in Table IV.

2.4 Wing C Design Procedure

Wing C was designed using two existing computer codes: a numerical

optimization program based on the Method of Feasible Directions (ref. 15)

and an aerodynamic analysis program based on a relaxation solution of the

3-D full-potential equation, FLO-22 (ref. 10).

The initial design effort was directed toward the more conventional

approach of drag minimization at a single-point design condition of M=0.85

and CL - 0.5. Various perturbation shape functions were used to modify the

ordinates of the root and tip sections, as well as wing twist and incidence.

Although this approach did result in significant reductions in drag from the

6



starting wing geometry, the final optimized wing pressure distribution was

less than desirable. This resulted primarily from neglecting viscous effects

in the aerodynamic analysis code. Since the inclusion of viscous effects in

the analysis would result in a prohibitive increase in computation time, an

alternative approach was sought.

A unique design-to-pressure distribution approach was selected. The

design objective of this case was to minimize the RMS deviation between the

computed surface pressure distribution and a design pressure distribution by

appropriate modifications to the wing geometry.

Figure 9 shows the final "optimized" pressure distributions at the

design conditions as predicted by FLO-22. The airfoil contours at the root

and tip are depicted in figure 10, and Table V gives the airfoil section

ordinates.



3. APPARATUS

3.1 Models

3.1.1 Wings. - The three semispan wing models were each machined from

a solid billet of 17-4PH stainless steel by a numerically controlled milling

machine. The models were hand-finished to a tolerance of ±.05 mm (.002 in.).

Actual model coordinates were measured at several stations by a precision

measuring machine, and compared to lofted coordinates used to define the

wing. Each wing had a total of 160 static pressure orifices located in

chordwise rows at 5 span stations. The actual measured locations of the

static pressure ports are included in Table VI. The upper surface pressure

orifices were installed by drilling completely through the wing so that all

tube routing could be done on the wing lower surface. This instrumentation

technique leaves the upper surface completely free of tube routing -hannels

which can cause irregularities in curvature.

3.1.2 Fuselage. - The fuselage used in these tests was a simple shape,

having an elliptical forebody and afterbody with a constant section in the

wing region. The three different center-sections were required for each wing

to allow testing in high, mid and low-wing position. The three portions of

the fuselage were all mounted to a 1.3 cm (.5 in.) thick plate. A sketch of

the fuselage is shown in figure 11.

3.2 Test Facility

The general arrangement of the Lockheed Compressible Flow Wind Tunnel

(CFWT) is shown in figure 12. The tunnel is of the blow-down type, exhaust-

ing directly to the atmosphere. The air storage capability is 368 m3 (13,000

ft3) at 413 dynes/cm 2 (600 psia). A sleeve-type control valve accurately

maintains the settling chamber stagnation pressure at selected pressure less

than or equal to the 172 dynes/cm 2 (250 psia) maximum at a mass flow rates

less than 1089 kg/sec (2400 lb/sec). The test section is 50.8 cm (20.0 in.)

wide by 71.2 cm (28.0 in.) high by 183 cm (72.0 in.) long and is enclosed

8



in a 3.7 m (12.0 ft.) diameter plenum chamber. The top and side walls of the
three-dimensional test section have variable porosity capability (from 0 to

10 percent), obtained by sliding two parallel plates with .635 cm (.250 in.)

diameter holes slanted 60 degrees from the vertical. The bottom wall, where

the model is mounted, is not porous. The model is mounted on a five-component

balance located in the floor. The balance and model rotate together on a

turntable to vary angle of attack. A bleed duct is located 53.6 cm (21 in.)

ahead of the balance centerline to remove the wind tunnel boundary layer.

The boundary layer bleed system has an independent control valve and exhausts

to atmosphere through a separate pipe system. The main features of the test

apparatus are illustrated in the photograph of figure 13. A more detailed

description of the facility may be found in reference 16.

3.3 Instrumentation

Instrumentation for this test program consists of a five-component strain

gauge balance to measure model aerodynamic forces. One hundred and sixty

surface pressure taps were installed in the wing at five spanwise stations as

summarized in figure 14. Six far-field pressure rails, each containing 31

static pressure taps, were mounted on the tunnel walls as shown in figure 13

and detailed in figure 15. The far-field measurements were extended to the

symmetry plane by a row of fourteen streamwise pressure taps along the tunnel

floor on each side of the model. These pressure orifices were displaced 5.08

cm (2.0 in.) inward from the tunnel sidewalls.

Measurements of the static pressures on the wing surface and the

wall rails were made using electronically actuated pressure scanning

valves. The full-scale range of the quarter percent accuracy Statham

pressure transducers in the scanning valves were selected to provide maximum

accuracy for the wind tunnel conditions tested (wall rails ±12.5 psi and

airfoil pressures ±50 psi). CEC force balance pressure transducers were

used in conjunction with CEC servo amplifiers to provide a precise measure-

ment of the atmospheric pressure, stagnation pressure, and test section

static pressure to 0.05% of the 250 psi capacity. These transducers allow

9, - . + . . .. . . S . .. . . . . . . .



determination of the test section Mach number to an accuracy of ±.002 at the

highest stagnation pressure.

Angle of attack was measured with a calibrated potentiometer operated

by the angle-of-attack drive mechanism.

The balance used to measure forces on the model was designed and built

by Lockheed-California. It is a strain gauge five-component temperature

compensated balance designed to the following load capacities:

Normal force ±750 lbs.

Axial force ±75 lbs.

Pitching moment ±1800 in. lb.

Rolling moment ±6000 in. lb.

Yawing moment ±600 in. lb.

Design accuracy of the balance is 1/4% of design load and 1/2% of applied

load. To produce the most accurate data, the test Reynolds number was chosen

such that the highest Mach-Alpha point of the test matrix corresponded to a

design load condition for the balance. Raw pressure and balance data were

recorded on magnetic tape utilizing the CFF high speed data acquisition

system. The data acquisition system consists of a Lockheed Electronics

Company MAC-16 computer and associated peripheral equipment. The raw data

was reduced to coefficient form with a TI-990 computer. Machine plots were

made on a Calcomp 765 plotter.

3.4 Data Reduction

3.4.1 Balance data. - The force balance data were acquired by taking

one hundred samples over a one second time span. The average of the 100

samples was reduced to pounds of force and inch pounds of moment by muitiply-

ing the five measured values by the calibration matrix. The resulting

measurements were converted to conventional coefficient form using the

tunnel conditions at the time the force measurements were made.

10



3.4.2 Pressure data. - All static pressure measurements from the wing

and far-field rails were reduced to standard coefficient form using instan-

taneous tunnel conditions at the time each pressure was measured. Pressure

coefficients for each spanwise station were numerically integrated to

determine a local lift coefficient. Plots of span load distribution were

made using the local lift coefficients obtained from the pressure

integrations.

3.4.3 Machine plotting. - A plot routine eas developed for the UNIVAC

1106 computer to generate machine plots of the pressure data on a CALCOMP 765

plotter. Sample plots for each wing are shown in the Test Results section.

The plots consisted of chordwise pressure plots for each wing station, a

summary of the wing pressures on a pseudo-three dimensional plot of the wing

planform, span load distribution, and plots of the far-field pressure data.

. .



4. TESTS AND METHODS

4.1 Test Conditions

The three wings were tested over a wide range of conditions to provide

data at off-design as well as design conditions. Tests were conducted at

nominal unit Reynolds numbers ranging from 43 to 52 miliion per meter (14

to 17 million per foot). The test Reynolds number based on mean aerodynamic

chord was nominally 6 million for Wing A and 10 million for Wings B and C.

Although the wind tunnel was capable of much higher unit Reynolds numbers,

the actual test values were limited by the capacity of the wing force-

balance.

The angle of attack and tunnel Mach number were varied over a wide range:

from zero-lift to above design values and subcritical speeds through drag-rise,

respectively.

Most of the wind tunnel testing was conducted at a fixed wall porosity

of 4% because previous tests in the CFWT had indicated this value would

provide minimum wall interference effects. However, in order to properly

assess the effect of wind-tunnel wall interference, each of the wings was

tested over a range of wall porosities varying from 3 to 6%.

High, mid, and low-wing/fuselage configurations were tested for all

three wings over a limited matrix of conditions. A complete summary of

test conditions for the three wings is presented in Table VII.

4.2 Transition

For the unit Reynolds numbers of these tests, experience with the CFWT

facility indicates that significant regions of laminar flow would exist on

3 smooth model. Therefore, to fix transition and to eliminate the uncer-

tainties of the transition location, a transition strip was applied to each

model. The transition strips were applied to both the upper and lower

12



surface and were located and sized according to the guidelines of reference

17. The strips were thus located a fixed distance from the leading edge

equal to 5% of the mean aerodynamic chord. The grit consisted of .058 mm

(.0023 in.) diameter glass beads, set in a lacquer fixative. The width of

the strips were constant at 1.2 mm (.05 in.).

13



5. TEST RESULTS

5.1 Test Techniques

Since the primary objective of this program is to establish a set of

benchmark data suitable for evaluations of theoretical codes, considerable

effort was expended to evaluate those aspects of the test techniques which

could affect the quality of the results.

5.1.1 Boundary layer removal system. One unique aspect of the test

facility used in this test program was the bleed system used to remove the

wind tunnel boundary layer ahead of the model (fig. 13). An investigation

was conducted to determine the sensitivity of the model data to boundary

layer bleed rate. The operational procedure used in all of the testing was

to set the bleed rate so that the static pressures measured at the leading

edge of the flat plate which formed the top of the bleed duct did not

indicate any angle-of-attack loading. The correct bleed-valve setting for

most testing was found to be around 60% full-open.

Sensitivity of the force data to the bleed system is shown in figure 16,

which summarizes the effect of bleed-valve position on CL, CD, and Cm as

measured by the balance. The lines faired through the data have been

adjusted for the small differences in Mach number and lift coefficient

between the runs. On the basis of these data, it was concluded that the

bleed system had a large effect on the balance data when the valve was nearly

closed, but once the valve was half open, the results were not sensitive to

small differences in bleed valve setting.

5.1.2 Tunnel calibrations. Prior to installation of the models, the

Lockheed-Georgia CFWT was calibrated by installing a static pipe along the

tunnel centerline. The pipe extended from the settling chamber through the

test section into the tunnel diffuser. Static pressure orifices located

along the pipe were used to determine the Mach number through the tunnel test

section. The test section configuration was the same as would be used when

the model was installed, in that the bleed system as well as the far-field
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static pressure rails were installed. The tunnel Mach number distribution

was found to be uniform as shown in figure 17.

5.1.3 Force balance evaluation. - The force balance used for these

tests was calibrated prior to the conduct of the tests. However, as a further

check, an evaluation of the repeatability of the balance was made midway during

test. Figure 18 shows repeatability of measurements obtained with this

balance. It appears that lift and drag repeat quite well. Pitching moment

shows a little more scatter, but is felt to be acceptable.

5.1.4 Fuselage/wing seal. - The wing/fuselage configurations were

tested with the fuselage non-metric. The fuselage center-shells were cut out

so that the wing could fit through the fuselage with a nominal gap of .76 mm

(.030 in.). Wing C, the Lockheed IRAD wing, was tested first with the wing/

fuselage gap unsealed. It was found that a significant amount of flow was

passing from the wing lower surface to the upper surface through the fuselage

cavity. Figure 19 shows a comparison of the wing pressure distribution before

and after a foam seal was added to the wing/fuselage gap, with clean wing

data included for reference. The effect of the seal is modest in absolute

terms. As a result of these tests, Wing A and B fuselage configurations

were run with a foam seal in place, but Wing C data was not re-run.

5.2 Wing A Test Results

5.2.1 Force data. - The force data obtained from balance readings is

shown in figures 20 through 22. As is customary, these data have not been

corrected for wind tunnel wall effects. The CL versus a curves shown in

figure 20 vary systematically: As Mach number increases, the slope becomes

steeper in the mid-CL range. At the higher Mach numbers, the data becomes

nonlinear at both high and low values of lift coefficient, reflecting the

effect of supercritical flow on the wing. The pitching moment (CL vs. CM)

curves shown in figure 21 are seen to vary systematically but are generally

nonlinear. The drag polars (CD versus CL2 ) show a systematic variation with

Mach number, but is nonlinear, even at low Mach number. This is caused by
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the fact that the balance forces were resolved about the flight-axis

coordinates without including the effect of wind tunnel wall interference on

the angle of attack. This effect is discussed in the section on wind tunnel

wall interference. A summary plot of CD versus Mach number is shown in figure

23 for various values of lift coefficient. The drag-rise Mach number for this

wing occurs at about M =.82 for a lift coefficient of .4 to .5. This is a

reasonable level of performance for an advanced technology transport wing.

5.2.2 Pressure data. - Figures 24 through 29 show the distribution of

pressures on the wing at various Mach numbers for a constant angle of attack

of 30. This corresponds to a lift coefficient in the range from .45 to .53

depending on Mach number. The constant-isobar pressure distribution at M =.62

(fig. 24) is typical for an advanced supercritical wing. (The third pressure

port at the n =.95 station is apparently not reading correctly because of the

transition grit strip.) As Mach number is increased at .76 (fig. 25), the

strong leading-edge suction peak develops into a supercritical flow region

terminated by a shock wave which follows the constant-isobar sweep line. This

shock pattern continues up to M =.78 as shown in figure 26. However, at

M = .80 (fig. 27) a root lambda-shock develops at the inboard stat ion. The

back leg of the lambda shock moves aft and outboard at M = .82 as shown in

figure 28. This condition represents the design point for the wing as

evidenced by good supercritical airfoil pressure distributions at the various

stations, and no evident separation. The condition of M =.82 and a 30 is
also the beginning of drag rise as indicated by the force data. A further

increase in Mach number to M =.84 (fig. 29) results in the beginning of

trailing-edge type shock-induced separation at the n = .7 station where the

wing local lift coefficient reaches a maximum on the wing.

A summary of the shock pattern obtained from the pressure distributions

is shown in figure 30.

5.2.3 Fuselage effects. - Wing A was tested with three fuselage con-

figurations. Pressure measurements are shown in figure 31 comparing the wing

pressures at M=.82 without a fuselage to wing pressures at the same Mach

number in the presence of a fuselage where the wing is mounted as a mid-wing
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configuration. The change in pressure distribution shows that the main

effect of the fuselage is to move the reflection plane (which was represented

by the tunnel floor) outboard by approximately the radius of the fuselage.

This is clearly seen in figure 34 which shows the wing-shock pattern for the

clean wing and the wing/fuselage configurations at M =.82.

Similar results were obtained for both a high wing and low wing

configuration as shown in figures 32 and 33. In general it can be seem that

the effect of the fuselage is strongest on the upper surface wing pressures

for the low wing configuration. The impact of the fuselage was more severe

on the lower surface pressures for the high wing configuration.

5.3 Wing B Test Results

5.3.1 Force data. - The force data obtained from balance readings for

Wing B is shown in figures 35 through 37. The lift data shown in figure 35

are linear with an increasing slope as Mach number is increased. The pitch-

ing moment data in figures 36 show the wing to have a large negative value of

pitching moment at zero lift and the CM vs CL curves are generally nonlinear.

At the highest Mach number tested, M =.94 the pitching moment becomes quite

large as the supersonic flow regions expands over the aft portion of the

wing. Drag polars for various Mach numbers are shown in figure 37.

A cross plot of drag vs Mach number at constant lift is shown in figure

38. The beginning of drag rise occurs at about M=.90 to .92 at all lift

coefficients, which indicates that this wing performs well and is repre-

sentative of an advanced supercritical wing.

5.3.2 Pressure data. - Pressure data measured at five spanwise

sta' ions on Wing B for various Mach numbers and an angle of attack of 30 are

shown in figures 39 through 44. At M .7 the pressure distribution shown in

figure 39 is typical of a supercritical wing, having a high suction peak at

the leading edge, and a large amount of aft loading due to the trailing edge

camber. As Mach number is increased to .85 (fig. 41), the wing develops a
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supersonic region with a shock following the constant percent-chord isobar

pattern of the original design.

Figure 42 shows the wing pressures at M =.90 where the leading edge

shock has pulled back on the outer portions of the wing giving a sweep-angle

greater than local constant percent-chord line sweep. An aft shock develops

as well, producing a typical lambda shock pattern. The aft leg of the lambda

pattern is nearly normal to the freestream. The aft shock grows stronger and

a third shock forms at the r)=. 8  station at M =.91 (fig. 43). The third

shock merges with the aft leg of the lambda shock at M =.93 as shown in

figure 44. The wing is into drag rise condition at M=.93 even though there

is no noticeable separation on the wing.

5.3.3 Fuselage effects. - Comparisons of the wing pressure distribution

with and without a fuselage present are shown in figures 46 thorugh 48. Data

are presented for high, mid and low-wing configurations at M =.90 and an angle

of attack of 40. The effect of the fuselage is primarily to move the lambda

shock pattern on the wing outboard by a distance of approximately one body

radius. The aft shock tends to move further back on the high wing case and

least on the low wing case. There is a significant reduction in strength of

the aft shock at the inboard stat ion for all three fuselage configurations.

There appears to be a reduction in trailing edge pressure recovery due to the

fuselage over-velocity which is most pronounced on the low wing configura-

tion. A summary of the wing shock patterns for the three fuselage

configurations is shown in figure 49.

5.4 Wing C Test Results

5.4.1 Force data. - The force data obtained on Wing C are summarized

in figures 50 through 52. The lift data shown in figure 50 are very linear

with angle of attack, even at the highest transonic speeds. The pitching

moment vs lift coefficient curves are generally linear. This wing has a

large negative pitching moment at zero lift which is caused by the aft

loading type airfoils used in the wing. The drag data for Wing C is shown



in figure 52. A summary plot of drag vs Mach number is presented in figure

53. The drag-rise Mach number for this wing is about .87 to .88 at the

design lift coefficient.

5.4.2 Pressure data. - The pressure data obtained from five spanwise

rows of pressure taps on Wing C at Mach numbers from .7 to .9 at an angle of

attack of 5o are shown in figures 54 through 60. The difference in design

technique between this wing and Wing B can be clearly seen by comparing the

Mach =.7 pressure distributions. Wing B has a much higher suction peak than

Wing C. As Mach number is increased to .80, a region of supersonic flow

begins to develop on the outboard portion of the wing as shown in figure 55.

At a Mach number of .84 (fig. 56), a strong shock has developed at the n =.9

station. The tip shock continues to be the dominant feature of the wing

pressure distribution at all Mach numbers up to .9 as shown in figures 57

through 60. At M =.9 the wing pressure distribution exhibits a lambda shock

pattern near the tip.

A summary of the wing shock pattern obtained from these pressure data

is shown in figure 61.

5.4.3 Fuselage effects. - Comparisons of the wing pressure distribution

with and without a fuselage present are shown in figures 62 through 64. Data

are presented for high, mid, and low-wing configurations, respectively at

M =.90 and an angle of attack of 5'. It should be noted that the fuselage

center-shell covered the inboard row of pressure orifices. The overall

effect of the fuselage on this wing flow is similar to that observed for

Wings A and B; that is, to move the wing reflection plane outboard by

approximately the fuselage radius. However, for Wing C the sensitivity of

the flow to wing-fuselage position is small, with only modest differences in

wing pressure distributions observed for the three wing/fuselage

configu rat ions.

Wing C does not have significant supercritical flow in the inboard

regions, so a shock movement is not apparent at the r =-3 station. However,

the presence of the fuselage causes a shift in pressure similar to the
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centerline "kink effect" often seen on wings at subcritical conditions,

namely the leading edge suction pressures are suppressed while the suction

pressures are increased toward the trailing edge. A summary of the wing

shock pattern for the three fuselage configurations is shown in figure 65.

5.5 Detailed Experimental Data

To facilitate use of these data for future code correlations, a

significant portion of the experimental pressure data have been machine

plotted and published in a separate volume in Appendix B. The plots include

wing three-dimensional pressure plots, local section pressure plots, and

span load distributions for all wing and wing/fuselage configurations.

Also included in Appendix B are instructions for obtaining a complete set

of data on magnetic tape.
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6. WIND TUNNEL WALL INTERFERENCE

6.1 Review of Current Methods

Transonic wind tunnel wall interference is the least understood aspect

of transonic testing. Researchers have attempted to minimize the effects of

wall interference by reducing model-to-tunnel size ratio, using ventilated

tunnel walls, and, more recently, by developing adaptive wall wind tunnels.

Notwithstanding these efforts, interference effects at transonic speeds can

still be quite large, and without proper understanding and evaluation can

result in uncertainty in the quality of the test data. These uncertainties

must be resolved before wind-tunnel data can be used for code correlations

and for predictions of free-air aerodynamics.

6.1.1 Inclusion of wall interference in code correlations. If test

data are to be used to correlate theoretical methods, as in the present

investigation, the effects of transonic wall interference must be well

understood and taken into account in the correlations. In this way the

adequacy of the mathematical models (governing equations, boundary condi-

tions, solution algorithms, etc.) used in the theoretical methods can be

properly evaluated.

A generally applicable method for treating transonic wind tunnel wall

interference in three-dimensional calculations has not yet been developed.

The usual procedure has been to apply conventional wall-interference correc-

tion methods which are based on linearized subsonic theory. This procedure,

however, has been found to be generally inadequate for a quantitative

assessment of wall interference at transonic speeds.

Recently, nonlinear method development has received increased attention.

Chan (ref. 18) has developed a perturbation technique based on the transonic

small-disturbance equation for two-dimensional flow. Murman (ref. 19) in-

cluded a theoretical model for ventilated wind tunnel walls directly into a

transonic airfoil analysis program. Three-dimensional, nonlinear methods

are just now being developed. Shankar, et. al. (ref. 20) report on the
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development of a method for treating wall Interference in solid and free-jet

tunnels.

A major weakness in all of the above (linear and nonlinear) methods is

the use of the classical homogeneous wind-tunnel wall boundary condition.

This model is a simplified linear approximation of a complex viscous-flow

process. The exact nature of the flow through a porous wall is not well

understood; but it is considered to be highly nonlinear, depending upon the

boundary layer development on the wall, the pressure field induced by the

model, and whether there is inflow or outflow through the wall. As a result,

methods employing this n' I have been useful only in providing qualitative

estimates of wind tunnel wall interference.

A more exact approach to evaluation of wind tunnel wall effects is to

measure the flow-field properties on control surfaces near the wind-tunnel

walls, but outside of the complex viscous flow region, and introduce the

measured values directly into the computational method as far-field boundary

conditions. Comparisons of computations based on free-air far-field boundary

conditions and computations based on measured far-field boundary conditions

then gives a precise, quantitative assessment of the wind tunnel wall inter-

ference. This new method for evaluation of wall interference will be

developed in Section 6.2.1 of this report.

6.1.2 Correction of tunnel data to free-air conditions. - Kemp (ref. 21)

proposed the concept of 'correctable interference," whereby there exists a

range of flow conditions for which wind tunnel wall interference effects can

be treated by a simple adjustment in freestream Mach number and angle of

attack. This concept has been supported two-dimensionally by the experimen-

tal work of Blackwell (ref. 22) and analytically by Murman (ref. 23). The

validity of this concept, however, has not been investigated to date for

three-dimensional flows.

The new method to be developed in the next section will be applied to

the test data acquired herein to quantify the effects of wall interference
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and establish the validity of simple corrections to Mach number and angle

of attack.

6.2 Development of New Computational Method

A unique procedure has been developed to include wind tunnel walls in

three-dimensional transonic flow calculations. The new method is based upon

the Bailey-Ballhaus ESD transonic code (ref. 4). The primary reason for the

selection of this code is that the finite Cartesian grid used in the code is

amenable to the inclusion of measured wind tunnel wall pressures in the

solution process. The explicit inclusion of measured wind tunnel wall

pressures as outer Dirichlet boundary conditions is the essential feature of

the solution process. This procedure eliminates the need for a theoretical

model for the wall boundary condition, and thus ensures that the true non-

linear character of the porous walls are properly taken into account. This

procedure is similar to that of Kemp (ref. 24) and Stahara (ref. 25). Kemp

imposed measured boundary conditions to solve for the flow about two-

dimensional airfoils while Stahara followed a similar approach to model flow

about axisymmetric, nonlifting bodies in ventilated wind tunnels.

6.2.1 Method formulation. - The formulation of the procedure for

incorporating measured boundary conditions in the nonlinear transonic theory

is illustrated in figure 66 and described in detail in the following

paragraphs.

A rectangular computational boundary is established around the wing as

shown in figure 66. The top, bottom, and side planes approximate the loca-

tions of the porous wind tunnel walls. The boundary conditions near the upper

and lower walls are determined by integrating static pressure distributions

which were measured during the test:

x

O(xyZ) C - J & + O(x0,yz) (1)
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where Ox has been replaced by -C p/2 in keeping with small disturbance theory.

The wall-induced perturbations on the side plane is assumed to be sufficiently

small such that the disturbance potential can be approximated by an asymptotic

far-field solution of the small-disturbance transonic equation given by

Klunker (ref. 26). The downstream boundary is assumed to be sufficiently far

removed from the model that the streamwise perturbation velocity vanishes,

that is, Ox = 0 , at the downstream boundary. The usual symmetry conditions,

Cy =Oxy =0, are applied on the plane of symmetry.

The perturbation potential at the upstream boundary, O(xoyz) requires

special treatment. It can be shown that for small flow-inclination angles

at the upstream boundary,

z y

O(xoyz) =f a(xo'Yo')d + f a(xor'z)dn + o(2)

Zo Yo

where a and a are the upflow and crossflow inclination angles, respectively.

Furthermore, if the flow angles at the upstream boundary are expressed

as combinations of the free-air values and wall-induced perturbations to the

free-air values, then

z y

O(xo,y,z) = OFF(xo,Y,Z) + aa(xo,yo, )d + {6a(xon,z)dq (3)

Zo Yo

where OFF is the free-air far-field potential. These wall-induced upwash

and crossflow distributions at the upstream boundary, 6a and 60, are regarded

as small quantities but their impact on the solution may be quite significant.

These terms represent the lift interference contributions, and their effect

is approximately equivalent to that produced by a change in angle of attack

or sideslip in a free-air solution. Therefore, the approach used herein is

to ignore the sideslip correction, 6a, and to approximate the 6a integral by

a simple adjustment in the angle of attack. The angle-of-attack correction,

Aa, is found by matching computed and measured upper and lower surface
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pressures in the leading edge region where the pressures are very sensitive

to angle of attack.

The Aci approximation in the method could be eliminated by extending the

far-field pressure measurements sufficiently far upstream into the unventi-

lated section of the tunnel where the wall-induced angularity is zero. The

6at and 66 integrals over the upstream boundary would then vanish.

6.2.2 Computing blockage correction using the new method. The new

method provides a means for assessing the validity of applying a simple Mach

number increment to the test data to correct for tunnel blockage. To do

this, theoretical solutions are f irst computed using measured wind-tunnel

wall boundary conditions and the corrected angle of attack. Next, free-air

solutions are computed while varying Mach number to produce the best match

with the tunnel solution. If the differences in the tunnel and free-air

solutions are sufficiently small, the data are considered correctable and

a simple adjustment of Mach number can be made to remove tunnel wall

blockage effects from the test data.

Results discussed in the following section show that such a correction

procedure is possible.

6.3 Application of New Method

A comparison of the theoretical free-air and measured pressure distri-

butions on the control surfaces above and below Wing A is presented in

figure 67. A comparison is presented at the wing design condition using

angles of attack which have been adjusted to give approximately the same

lift coefficient. Differences in the measured wind-tunnel pressures and the

computed free-air pressures are relatively small, indicating that the wall-

induced interference effects are small in this case. The theoretical calcu-

lations do not account for the effects of the viscous layer over the wing

or in the wake. It is felt that by matching lift the primary effects of

viscosity on the far-field pressures is taken into account. The effect of
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neglecting displacement surface effects on the wing is important only near

the wing. The effect of the wing viscous wake, however, which is also

neglected, is probably more significant in the far-field.

When the experimental far-field pressures (fig. 67) are incorporated as

boundary conditions in the transonic code, the effect on the computed wing

surface pressures are as shown in figure 68 (a). The broken line corresponds

to the free-air conditions noted in figure 67 while the dashed line is the

result of specifying experimental far-field pressures. The interference

effect of the tunnel walls is indeed small, resulting in a forward shift in

the shock location of approximately 5% chord and a general depression of the

upper surface suction level.

To investigate the correctability of the "tunnel" data with regard to

wall interference, the theoretical free-air solution was recomputed while

varying freestream conditions to obtain the best possible match of the

uncorrected tunnel pressures. Figure 68 shows that for a simple correction

of 6M=-O.O05 to the freestream Mach number, the free-air pressure distribu-

tion at the corrected conditions and the pressure distribution in the tunnel

closely agree. The good agreement for the complete wing, shown in figure

68(b), indicates that the effect of spanwise variations in tunnel Mach

number is negligible.

Thus, it has been shown that for Wing A the test data obtained in the

wind-tunnel at the conditions noted can be reinterpreted to free-air condi-

tions at a corrected Mach number which is approximately 0.005 less than the

wind tunnel test Mach number.

Similar analyses have been conducted for Wings B and C. Figure 69

illustrates the differences between the theoretical free-air and experimen-

tal pressures at the tunnel walls for Wing B near its design conditions. The

differences are very similar to those observed for Wing A. The effect of

wall interference on the wing pressures [fig. 70(a)] is also similar;

forward displacement of the shock and a decrease in the upper surface

suction level. A correction of approximately -0.005 in Mach number was

26

-: - S. - -- -



found to provide the best simulation of wall interference effects [fig.

70(a)]. The correctability of the tunnel data to free air with a simple

Mach number correction is not quite as good as for Wing A. The major

discrepancy is the upper surface suction level which cannot be improved

by an a adjustment since the lower surface agreement would then

suffer.

The results of the wall interference investigation for Wing C at its

design conditions are presented in figures 71 and 72. Again the wind tunnel

data can be corrected to free air by an adjustment of -0.005 in Mach number.

To obtain an indication of the range of conditions over which the data

for the three wings are correctable, an analysis of Wing C at a tunnel Mach

number well above its design conditions was conducted (fig. 73). A larger

Mach number correction is now required, but tho match in the tunnel and

corrected free air pressure distributions is still excellent. This result

implies the correctability of off-design data for all three wings.

The salient conclusion of this study is that the concept of correctable

interference in three-dimensional transonic flow is indeed valid. Further-

more the wind tunnel test data obtained in this investigation can be corrected

to equivalent free-air conditions by simple adjustments in Mach number and

angle of attack. Near the design conditions for the three correlation wings

investigated herein, a small constant adjustment of AM=-.005 is sufficient

to remove the effect of blockage interference from the test data. The

effect of lift interference is accounted for by adjusting the model angle of

attack until the upper and lower surface pressure level in the nose region

matches the theoretical free-air values.
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7. EVALUATION OF TRANSONIC COMPUTATIONAL METHODS

An evaluation of several transonic calculation procedures will be made

and discussed in this section. First, a brief description is presented of

the methods selected for evaluation. Next, the convergence characteristics

and numerical efficiency of the selected codes will be discussed. Finally,

the results of the calculations will be compared with experimental data for

Wings A, B, and C and conclusions drawn.

7.1 Description of Methods

The three-dimensional transonic computational methods selected for

evaluation in this program are:

1. The Bailey-Ballhaus extended small disturbance (ESD) code

,ref. 4).

2. The Jameson-Caughey full-potential equation (FPE), non-

conservative relaxation (NCR) method, FLO-22 (ref. 10).

3. The Jameson-Caughey FPE fully-conservative relaxation

(FCR) method, FLO-27 (ref. 12).

Each of the codes solve a type-dependent finite-difference approximation to

the governing equations by an iterative relaxation process. Another common

feature of the methods is the use of successive grid refinement to speed

convergence.

7.1.1 Bailey-Ballhaus code. - The Bailey-Ballhaus code solves a

modified or extended small disturbance approximation of the full potential

equation. Linearized wing boundary conditions are applied in the wing

reference plane. The embedded grid scheme of Boppe (ref. 6) is followed in

which a fine skewed inner grid (enclosing the wing) is embedded within a

crude Cartesian outer grid. The outer computational grid is finite with
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boundary conditions given by the Klunker asymptotic far-field expansion

(ref. 26).

The version of the Bailey-Ballhaus code used in this study was modified

at Lockheed by incorporating automatic grid generation routines which pro-

vided grid-stretching capability. This produced smooth, highly dense grids

in regions with large gradients, with smooth stretching toward the grid

boundaries.

The Bailey-Ballhaus program is formulated using both non-conservative

and fully-conservative differencing. The desired form is selected by the

user.

7.1.2 FLO-22 code. - The Jameson-Caughey FLO-22 program is a production

code capable of treating the flow about yawed or swept wings. The method

solves a quasi-linear (nonconservative) form of the full potential equation

which has been explicitly transformed to a boundary conforming coordinate

system. The coordinate system is generated by a sequence of numerical shear-

ing transformations, and a simple square-root mapping about a point inside

the wing leading edge. This results in a desirable concentration of grid

points in the nose region, but the simple shearing, however, results in a

spanwise decrease in the number of computational grid points on the wing.

7.1.3 FLO-27 code. - The Jameson-Caughey FLO-27 program is a pilot code

capable of treating the flow about an isolated yawed or swept wing, or one

mounted on an infinite circular cylinder. A finite-volume scheme is used to

difference the full potential equation in conservative form. The analysis

of FLO-27 is based on a numerical calculation of the required transformation

derivatives at each grid point in the computational region. Thus, in

principle, the method can be adapted to treat configurations of arbitrary

geometric complexity simply by providing the Cartesian coordinates of each

mesh point. This flexibility is achieved at the expense of an increase in

computation time and some loss in accuracy because the transformation coeffi-

cients must be calculated numerically for each relaxation cycle.
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In the present version of the program, the computational grid is

generated by a sequence of global mappings which are similar to those used

explicitly in FL0-22. The main difference (for isolated wings) is that in

FLO-27 the wing chord is covered by the same number of grid points at every

span station.

7.2 Code Convergence

Since solution cost is an important consideration in the selection of a

computational method, a study was conducted to assess the relative computa-

tional efficiency of the selected codes by comparing computation times

required for solution convergence. For this purpose, convergence was

established from an examination of the time-history of the wing pressure

distributions. The solution for Wing A at its design conditions of M=0.82

and a= 1.50 was arbitrarily chosen as the test case; however, the results

should also apply for either of the other wings at other transonic conditions.

The results of this investigation are presented in figures 74, 75, and

76, which show the variation in the wing pressure distributions (at two span

stations) with iteration number for the three evaluated codes. The iteration

number, n, refers to the number of relaxation cycles on the final (finest)

grid only. The solution for the Bailey-Ballhaus code (fig. 74) was achieved

by first completing 50 iterations on an initial coarse grid (5,000 points),

then interpolating the results to start the soluton on the fine embedded

grid system. The FLO-22 soluton history shown in figure 75 was preceded by

50 iterations on a crude grid (48 x6 x8 mesh cells) followed by 50 iterations

on a medium grid (96 x12 x16 cells). A similar procedure was followed for

execution of the FL0-27 code - 100 iterations on a 40 x4 x8 grid and 100

iterations on a medium 80 x8 x16 grid.

The pressure distribution histories indicate that convergence was

obtained after approximately 200 iterations of the Bailey-Ballhaus code, 50

to 100 iterations of FLO-22, and 200 iterations of FLO-27. The corresponding

computation times, and other grid features, are summarized in Table VIII. The

solution time for the conservative FLO-27 code is approximately twice that
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for the nonconservative FLO-22 code and about five times the required CPU

time for the Bailey-Ballhaus small disturbance code. (The convergence

characteristics were essentially the same for both the FCR and NCR

solutions of the Bailey-Ballhaus program.)

No systematic attempt was made to optimize the convergence characteris-

tics or grid structures of the programs, but adjustments in convergence-

related input parameters were made when appropriate. It should be noted that

attempts to improve upon the convergence characteristics shown for FLO-27

were generally unsuccessful, usually resulting in solution divergence.

7.3 Code Correlations

In this section experimental data are compared with theoretical solutions

for the three wings. First, nonconservative relaxation (NCR) inviscid solu-

tions generated using the FLO-22 FPE and the Lockheed version of the Bailey-

Ballhaus ESD codes are compared with experimental data. Next, fully-

conservative relaxation (FCR) inviscid results computed using FLO-27 FPE and

Bailey-Ballhaus ESD are correlated. Finally, viscous effects are assessed

from results obtained using the FLO-22 code coupled with an iterated two-

dimensional boundary layer and conclusions are drawn.

All calculations were made for isolated wings in free-air conditions

using Mach numbers and angles of attack corrected according to the technique

described in Section 6.3. The corrected a was obtained using FLO-22

calculations.

Only summary plots are presented and discussed in this section.

Detailed results of the correlations may be found in Appendix A.

7.3.1 Wing A - High aspect ratio, low sweep. - Computed Wing A

inviscid nonconservative FPE and ESD solutions are compared with experiment

in figures 77(a) and 77(b), respectively. The agreement between FPE and

experiment is surprisingly good in view of the fact that the boundary layer

was neglected in the calculations. The only serious discrepancies between
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theory and experiment are in the aft portion of the wing where the

calculations over-predict the airfoil loading.

The ESD results also are in good agreement with experiment, but not as

good as the FPE solution. The ESD results over-predict the airfoil aft

loading to about the same extent as did the FPE calculations. However, unlike

the FPE results, the ESD solutions misses the weak (supersonic to supersonic)

oblique leading-edge shock and mis-predicts the plateau pressure gradient

upstream of the outboard shock wave. The failure to properly capture the

leading edge shock is characteristic of small disturbance formulations and

primarily due to the relatively large shock sweep.

Using the a selected from the full potential NCR correlations, FCR

solutions were generated using FLO-27 FPE and Bailey-Ballhaus ESD codes.

Comparisons with experiment are summarized in figure 78. Comparison of

these results with the NCR solutions shown in figure 77 shows that FCR

solutions result in the expected aft shift in shock location from the NCR

shock position and in increase in strength. Otherwise, the FCR solutions

are very similar to NCR results.

In order to assess the magnitude of viscous effects, calculations were

performed with viscous displacement-surface effects included in the ful.l

potential NCR solution. The angle of attack was again adjusted to match

experimental and calculated pressures in the nose region. Viscous calcula-

tions performed in this manner are compared with experiment in figure 79.

These data show that full-potential NCR calculations using an iterated 2-D

boundary layer result in excellent agreement with experiment. Not only are

the shock waves properly computed, but the aft loading is corrected

predicted. Thus, the inclusion of a simple strip boundary layer within the

calculations improves the agreement between measured and computed lift over

that resulting from inviscid solutions.

7.3.2 Wing B - Moderate aspect ratio and sweep. - Both FPE and ESD

nonconservative solutions are compared with experimental data for Wing B in
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figure 80. Here, the good agreement between FLO-22 solutions and experiment

is evident, as is the relatively poor agreement between ESD results and

experiment. The ESD method fails to capture the weak leading edge shock,

and positions the trailing edge shock too far aft at the wing root. The

spurious ESD tip pressures are probably attributable to the lack of coarse

grid resolution at the tip. This is a fundamental problem with the grid

embedding scheme.

A calculation was performed to investigate the sensitivity of the ESD

solution to grid density in the leading edge region, with the aim of improv-

ing the shock capture characteristics. The number of grid points in the

forward 10-percent chord was doubled from the default value of 7 per surface

to 14. The resulting calculation did show a modest increase in the leading

edge suction peak, but the "shock" was still badly smeared, to the point

being almost indiscernible.

Figure 81 contains the comparisons of FPE and ESD conservative solutions

with Wing B experimental data. The use of FCR with inviscid solutions causes

a degradation in the correlations as evidenced by a comparison of figures 80

and 81. The degradation is primarily manifested in the too-far aft position-

ing of the shock wave in the FCR calculations.

The inclusion of a boundary layer in the FL022 solution process produces

excellent agreement between theory and experiment. Figure 82 shows that the

only failure of the numerical results is the excessive smearing of the

computed leading edge shock wave. This failure might be avoided by the use

of a more closely spaced grid. Of note in these results is the good predic-

tion of aft loading, and the close agreement between predicted and measured

lift.

7.3.3 Wing C - Low aspect ratio, high sweep. - Figure 83 compares FPE

and ESD nonconservative solutions with Wing C experimental data. Although

the correlation is not quite as good as it was for Wings A and B, FL022

solutions are in fair agreement with experiment. The major differences

between theory and experiment occur near the tip and may be due to vortex
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V roll-up which is not modeled in the theory. On the other hand, the ESD

solution is a poor representation of experiment. This failure is really not

surprising because as wing sweep increases, some of the nonlinear cross-flow

terms which were neglected in the formulation become important.

Fully-conservative relaxation does not improve the agreement between

theory and experiment for Wing C, as evidenced by figure 84. in this case,

FCR actually caused a deterioration of the quality of the FPE results, and

did nothing to improve the ESO solutions.

The inclusion of viscous effects in the FLO-22 calculation (fig. 85)

results in only marginal improvement in the correlation (cf. figs. 83 and 85).

In fact, the effect of viscosity (within the framework of a displacement

surface concept) is very small, as evidenced by the slight .01 decrease in

lift coefficient at the fixed angle of attack. Almost all of the lift lost

is attributable to the forward movement and slightly increased smearing of

the shock.

7.3.4 Evaluation of correlations. - Although the previous correlations

do not by any means constitute an indepth evaluation of the computational

methods, a number of salient conclusions can be drawn from these limited

correlations:

1. Full potential solutions are uniformly in better agreement

with experiment than small disturbance results.

2. Inviscid nonconservative solutions more closely predict

measured pressures than fully conservative solutions.

3. The FLO-22 code coupled with a 2-D boundary layer program

provides very accurate predictions of isolated wing pressures

for all three wings, but some deterioration in quality is

evident for the highly swept, low aspect ratio wing.
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4. Extended small disturbance results can be considered adequate

only for the high aspect ratio, moderately swept wings.
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8. CONCLUSIONS

A comprehensive program was formulated and conducted for the specific

purpose of acquiring test data suitable for current and future three-

dimensional transonic code correlations. High-quality test data was acquired

for three advanced technology wings by using a unique test apparatus and by

devoting careful attention to details of the experiment. The data have been

used in preliminary evaluations of three selected transonic computational

methods. The salient conclusions to be drawn from this research are:

1. The unique test apparatus designed to remove the wind tunnel

boundary layer ahead of the semispan wing model was found to eliminate

uncertainties about interaction of the wind tunnel boundary layer with

the model.

2. All three wings tested in this program performed well with

aerodynamic characteristics representative of state-of-the-art supercritical

wing technology. In particular, the isolated wing and wing-body data exhibit

all of the complex transonic flow features needed to thoroughly evaluate

computational methods.

3. Fuselage effects on wing pressures were obtained and found to

represent a movement of the reflection plane outboard to the fuselage side.

4. The measurement of far-field pressures provides a means for

assessing transonic wind tunnel wall interference effects without assumptions

concerning the nature of the flow through the porous wall.

5. In this investigation wall interference effects were found to be

small for test conditions in the range of interest; furthermore, the test

data could be corrected to free-air conditions by simple adjustments in

Mach number and angle of attack.

6. The full potential, non-conservative solutions (FLO-22) provided

excellent agreement with data for all three wings, while the small

disturbance code was acceptable only for the transport wing.
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7. Nonconservative formulations more closely predicted measured

pressures than conservative formulations.

r
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TABLE 11. -WING MODEL GEOMETRY

WING________________________

A B C

AR 8.0 3.8 2.6

A0.4 0.4 0.3

AC4 deg. 25.0 30.0 38.4

enp deg. 2.76 2.50 2.38

et, deg. -2.04 -4.00 -5.79

(t/c)r, % 12.0 6.0 7.0

(t/c)t, % 12.0 6.0 11.0

S/2, cm' (in ) 528.0 (81.8) 530.0 (82.1) 523.0 (81.0)

b/2, cm (in.) 45.7 (18.0) 31.8 (12.5) 26.1 (10.26)

Cr, cm (in.) 16.51 (6.50) 23.88 (9.40) 30.83 (12.14)

Ccm (in.) 6.60 (2.60) 9.55 (3.76) 9.25 (3.64)

MAC, cm (in.) 12.26 (4.825) 17.71 (6.974) 21.95 (8.642)

YMAC' cm (in.) 19.59 (7.714) 13.60 (5.355) 10.68 (4.206)
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TABLE III. - WING A NONDIMENSIONAL AIRFOIL ORDINATES.

ROOT SECTION TIP SECTION

X/C zuIC ZL/C Zu/C ZL/C

.00000 .00000 000 .OOOu OUU 0000

.00241 .00952 -.00800 .00788 -.00899

.00961 .01758 -.01578 .01697 -.01588

.02153 .02431 -.02205 .02557 -.02141

.03806 .03018 -. 02822 .03305 -. 02589

.05904 .03496 -. 03432 .03984 -. 02964

.08427 .03857 -. 04055 .04610 -.03320

.11349 .04136 -. 04684 .05172 -.03659

.14645 .04364 -. 05309 .05658 -.03990

.18280 .04554 -. 05889 .06067 -.04296

.22221 .04704 -. 06391 .06401 -. 04562

.26430 .04807 -. 06772 .06665 -. 04775

.30866 .04864 -. 07031 :06859 -. 04922

.35486 .04874 -.07126 .06983 -. 049q2

.40245 .04835 -. 07094 .07036 -. 04964

.45099 .04736 -. 06882 .07021 -. 04802

.5000L .04574 -. 06540 06943 -. 04460

,54901 .04345 -.06008 :06799 -.03923

.59755 .04062 -. 05349 .06591 -,03238

.64514 .03726 -.04548 .06311 -.02478

.69134 .03353 -. 03695 .05956 -. 01710

,73570 .02958 -. 02838 :05504 -. 00997

.77779 .02554 -. 02034 .04948 -. 00381

,81720 .02153 -. 01323 .04295 .00099

.85355 .01767 -. 00734 .03585 .00423

.88651 .01410 -. 00283 .02874 .00596

.91573 .01087 .00016 .02206 .00617

.94096 .00806 .00168 .01618 .00522

,96194 .00574 .00195 .01134 .00357
.97847 .00382 .00142 .00745 .00155

.9Q039 .00237 .00048 .00481 -.00003

.99759 .00124 -.00043 .00285 -. 00146
1.00000 .00080 -. 00080 .00207 -.00207
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TABLE IV. - WING B NONDIMENSIONAL AIRFOIL ORDINATES

ROOT SECTION TIP SECTION

X/C Zu/C ZL/C Zu/C ZL/C

.00000 .00000 .00000 .00000 .OOOO0
,00241 .00617 -. 00528 .00507 -. 00606
.00961 .01181 -. 00895 .00972 -. 01066
.02153 .01649 -,01198 .01401 -. 01408
.03806 .01991 -. 01511 .01770 -.01691
.05904 .02268 -. 01839 .02110 -.01951
.08427 .02517 ,-.02111 .02421 -.02161
.11349 .02737 -. 02333 .02700 -.02325
.14645 .02925 -. 02503 .02949 -.02439
.18280 .03075 -. 02618 .03168 -.02492
.22221 .03191 -.02691 .03360 -.02498
.26430 .03277 -.02705 .03522 -. 02446
.30866 83330 -.02669 .03654 -. 02344
.35486 :034 -. 02582 .03762 -. 02180
.40245 .03325 -. 02458 .03847 -. 01967
.45099 .03258 -. 02287 .03905 -. 01689

.50000 .03155 -.02070 .03933 -.01361

.54901 .03013 -.01768 .03922 -.00950
59755 .02842 -. 01376 882 - 80396
:64514 .02639 -.00985 .0799 :00G42

.69134 .02417 -.00615 .03669 .0U474

.73570 .02178 -.00316 .03491 .00814

.77779 .01925 -.00109 .03258 .01020

.81720 .01660 .00003 .02962 .01087

.85355 .01388 ,00043 .02608 .01026

.88651 .01116 .00043 .02211 .00867

.91573 .00865 .00032 .01793 .00651

.94096 .00644 .00012 .01379 .00417

.96194 .00459 -.00021 .00991 .00196

.97847 .00308 -.00055 .00674 .00036

.99039 .00196 -.00082 .00445 -. 00138

.99759 .00130 -.00102 .00305 -. 00227
1.00000 .00109 -.00109 .00259 -. 00257
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TABLE V. - WING C NONDIMENSIONAL AIRFOIL ORDINATES.

ROOT SECTION TIP SECTION

x/C ZU/C ZL/C Zn/C ZL/C

.00000 .00000 .00000 .00000 .Oo~o!

.00241 .00708 -.00622 .00598 -.00827

900961 o01521 -.00991 .01428 -.01277
.02153 e02241 -. 01268 .02237 -. 01580
.03806 .02811 -.01558 903013 -.01813

.0894 .Bg7 :8I03780 -.02020
.047 88 .04534 -.02181

e11349 .03911 -.02310 .05272 -.02303
.14645 .04098 -.02464 .05993 -.02385
.18280 .04205 -s02569 .06682 -.02417
.22221 .04245 -.02635 .07315 -.02412
.26430 .04238 -.02645 .07852 -.02359
s30866 .04188 -.02608 .08252 -.02262
.35486 .04096 -.02522 .08492 -.02110
,40245 .03969 -.02401 .08560 -.01912
.45099 .03800 -.02233 .08455 -.01654
.50000 .03603 -.02018 .08191 -.01346
.54901 .03375 -.01719 .07791 -.00956
.59755 e03127 -.01354 .07284 -.00502
.64514 .02857 -.00943 o06691 -.00 013

e69134 o02578 -.00572 .06030 .00411
.73570 .02292 -.00275 .05324 .00732
.77779 .02001 -.00071 .04602 .02
.81720 .01706 .00041 .03889 .00985
.85355 .01411 .00077 .03203 .00921
.88651 .01122 .00054 .02565 s00766

.91573 .00853 .00012 .01984 .00562

.94096 s00617 -.00029 .01470 .00341

.96194 .00421 -.00056 .01036 .00130
e97847 .00272 -.00057 .00692 -.00033

.00167 -.00070 885 -.086
.9994 .00103 -.00079 31 -.0 4

1.00000' .00082 -0000821 .002.70 -000268
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TABLE VI. WING PRESSURE ORIFICE LOCATIONS.

(a) Wing A

UPPER SURFACE

ETA .15 .3 .5 .7 .95

XiC 0.0000 OnJuO 0.0000 O.O00O 0.0000
.0193 .()ldO .0185 .0175 .0196
.0480 .o4b7 .0459 .0514 .0480
.0975 .0968 .0975 .0958 .0929
.1471 .1474 .1479 .1463 .1440
.1967 .1971 .1956 .1964 .1930
.2478 .2465 .2458 .2442 .2434
.2982 .2q3 .2962 .2956 .2959
.3471 .3463 .3461 .3465 .3438
.3981 .31471 .3752 .3955 .3940
.4465 .4465 .4466 .4438 .4426
.4970 .4777 .4965 .4952 .4948
.5475 .5468 .t459 .5451 .5419
.5972 .5965 .5972 .:940 .5945
.6467 .6463 .6468 .6442 .6442
.t769 .6965 .o956 .6946 .6930
.7471 .7475 .7455 .7444 .7437
.7981 .7963 .7965 .7944 .7941
.8478 .8464 .8458 .8450 .8417
.89S4 .8967 .8960 .8951 .8930
.9490 .9467 .9458 .9449 .9416

1.0000 1.0000 1.0000 1.0000 1.0000

LOWER SURFACE

U.0000 U.O000 0.0000 0.0000 0.0000
.0471 .0470 .0453 .0440 .0472
.0976 .uvY9 .0948 .0965 .0946
.1976 .1975 .1954 .1949 .1954
.2974 .2962 .2952 .2931 .2954

.3970 .39b8 .3952 .3938 .3967

.4973 .4964 .4952 .4942 .4952

.5972 .5948 .5955 .5951 .5968

.6976 .Fq21 .6954 .6964 .6973

.7967 .79o4 .7953 .7961 .7912

.8983 .1985 .8979 .9014 .9017

.9472 .9497 .9522 .9476 .9201
1.O00 1.0000 1.0000 1.0000 1.0000
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TABLE Vt. - Continued.

(b) Wing B

UPPER SURFACE

ETA .216 .4 .6 .8 .95

(X/C) 0.0000 O.QOOO Q.OOOu 0.0000 0.0000
.0197 .0208 .0189 .0187 .0217
.0497 .0503 .0495 .0483 .0497
.0992 .1003 .0993 .0989 .1005
.1495 .1507 .1492 .1483 .1496
.1993 .2001 .1995 .1995 .1993
.2496 .2509 .2487 .2490 .2500
.2995 .3002 .2999 .2982 .3001
.3495 .3504 .3496 .3495 .3504
.3997 .4009 .3991 .3994 .4006
.4493 .4502 .4497 .4493 .4503
.4976 .5001 .4997 .4995 .5000
.5488 .5501 .5492 .5485 .5499
.5993 .6001 .5997 .5985 .5997
.6495 .6503 .6493 .6486 .6500
,6994 .7004 .6992 .6995 .7001
.7492 R005 .7494 .7489 .7498
.7993 .8500 .7988 .7987 .8015
.8493 .8997 .8497 .8990 .8512
.8993 .9510 .9007 .9509 .9005
.9492 1.0000 .9513 1.0000 .9515

1.0000 1.0000 1.0000

LOWER SURFACE

0.0000 0.0000 0.0000 0.0000 0.0000
.0503 .0500 .0520 .0500 .0521
.1013 .1000 .1'012 .0973 .1012
.2008 .2004 .2005 .1981 .1992
.3012 .2999 .2999 .2981 .3010
.4011 .3999 .3999 .3974 .4003
.6012 .4999 .5003 .4986 .4997
.8010 .5997 .5990 .5968 .5992
.8998 .6997 .6995 .6985 .6992
1.0000 .8005 .7994 .7968 .7980

.9016 .8933 .8961 .8916

.9518 .9480 .9452 .9548
1.0000 1.0000 1.0000 1.0000
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TABLE VI. - Concluded.

(c) Wing C

UPPER SURFACE

ETA .1 .3 .5 .7 .9

(X/C) 0.0000 O.UOuO 0.0000 0.0000 0.0000
.0196 .O19 .0188 .O186 .0191
.0501 .U499 .0505 .0489 .0447
.1000 .0Q97 .0995 .0990 .0980
.1500 .1501 .1497 .1494 .1488
.2000 .1995 .1997 .1989 .1974
.3001 .2496 .2497 .2498 .2498
.3505 .2997 .2995 .2997 .2989
.4002 .3496 .3501 .3489 .3491
.4505 .4005 .4005 .4000 .4001
.5003 .4498 .4495 .4490 .4483
.5502 .5001 .5000 .5004 .4983
.6003 .5510 .5496 .5507 .5500
.6502 .6002 .5996 .5994 .6000
.7002 .650it .6500 .6506 .6494
.7501 .7004 .7005 .6998 .6993
.8005 .7505 .7500 .7496 .7502
.8504 .8003 .8003 .7996 .8000
.9001 .8503 .8505 .8497 .8520
.9506 .9005 .9008 .9005 1.0000

1.0000 .9502 .9509 .9501
1.0000 1.0000 1.0000

LOWER SURFACE

0.0000 0.0000 0.0000 0.0000 0.0000
.0484 .0483 .0488 .0491 .0485
.0996 .0996 .0995 .0991 .1008
.2001 .1995 .1995 .1991 .2000
.2995 .3002 .3001 .3001 .3000
.3996 .4004 .4006 .3991 .4004
.5004 .5010 .5002 .4999 .5019
.6010 .6001 .6007 .5999 .6002
.7003 .7009 .7013 .7019 .7003
.8007 .8014 .8006 .8018 .8006
.9004 .9006 .8961 .8979 .9006
.948b .9518 .9451 .9508 t.0OuQ

1.0006 1.0000 1.0000 1.0000
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Figure 5 -Wing A airfoil sections in rigged position
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Figure 6. - Wing B isobar pattern at M--0.6.
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Figure 7 -Wing B theoretical pressure distribution at m=.86, o, =5.oo
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Figure 8 - Wing 8 airfoil sections in rigged position
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Figure 15 . - Far-field rail locations- cm (inches).
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Figure 16 .- Effect of tunnel boundary layer bleed system on Wing C forces;
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Figure 19 Wing C upper surface distribution comparing wing-alone data
with mid-wing/fuselage with and without foam seal at M =.90,

= 50.
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Figure20 .- Summary of lift data for Wing A.
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Figure 24.-Wing A pressure distribution at M =0.622, Alpha =2.98,

CL =0.451, CD =0.0232, CM -0.042.
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Figure 25. Wing A pressure distribution at M = 0.761, Alpha = 2.955,

CL= 0.50 8 , CD = 0.0313, CM = -0.046
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Figure 26. Wing A pressure distribution at M 0.784, Alpha =2.952,
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Figure 27. Wing A pressure distribution at M =0.801, Alpha =2.941,

CL = 0.536, C D =0.0 356, CM = -0.053
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Figure 28.-Wing A pressure distribution at M =0.818, Alpha =2.940,

c .530, C D =0.0395, C = -0.056
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Figure 29. Wing A pressure distribution at M = 0.839, Alpha = 2.931,

CL = 0.512, CD = 0.0451, CM = -0.051

81



000

E0

0

000

CL
00U

ItL
CCC

Lu L.

< Q)
<C

uiU

082



SYM CONFIGURATION
In CLEAN

-2.0-

-1.5-

-1 0.0

II-0

1.0

.1.



SYM CONFIGURRTION
19 CLEAN

HIGH

-2.0

-1.5-

0.5 ( OE UFC

1 .0

CP0.1 .0/

0.5 
.

1 .0 -

Figure 32 .- Comparison of Wing A pressures with and without
a high wing fuselage at M =.82, ot =3'.
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Figure 33 -Comparison of Wing A pressures with and without
a low wing fuselage at M =.82, ot=3'.
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Figure 39 .- Wing B pressure distribution at M-.703, Alpha -2.979,
CL -.363, CD --0 2 1, Cm --.0 52.
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Figure 40 -Wing B pressure distribution at M =.802, Alpha -2-974,
CL-.376 , CD -.023, CM=--.0 59.
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Figure 41 .- Wing B pressure distribution at M -.851, Alpha -2.950,
CL .3 8 8, CD .02 4 , CM --. 063.
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Figure 43 .- Wing B pressure distribution at M =.910, Alpha =2.942,

CL=.4 17, CD -.029, Cm =-.0
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Figure 44 .- Wing B pressure distribution at M =.928, Alpha =2.957,
CL=.414 , CD =.030, CM =-.09
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Figure 47 . - Comparison of Wing B alone pressure distribution with

mid-wing/fuselage data at M =.90, a 
= 40 .
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Figure 48 .- Comparison of Wing B alone pressure distribution with
low-wing/fuselage data at M .90, a 40.
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Figure 53 .- Summary of drag versus Mach number for Wing C.
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Figure 54 .- Wing C pressure distribution at M=0.701, Alpha =4.949,

CL -0.447, CD =0.037, CM =0.065.
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Figure 55 .- Wing C pressure distribution at M =0.802, Alpha =4.924,
CL =0.465, CD =0.039, Cm -O0.0 70.
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Figure 56 .- Wing C pressure distribution at M=0.837, Alpha =4.960,
CL =0.4 87, CD =0.042, Cm =-0.075.
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Figure 57 .- Wing C pressure distribution at m =o.851, Alpha =4~.900,
CL =0.48 4, CD =0.042, Cm --0.075.
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Figure 58 .- Wing C pressure distribution at M=0.860, Alpha =4.968,
CL =0.500, CD =0.044, cm --0.07 9.
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Figure 59. Wing C pressure distribution at M =0.882, Alpha =4.935,

CL =0.512, CD 0.048, CM -0.086.
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Figure 60. Wing C pressure distribution at M=0.900, Alpha =4.914,
CLO=.5o4 , CD =0.049, CM =-0.0
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Figure 62 -Comparison of Wing C alone pressure distribution with
high-wing/fuselage data at M=.90, -A 5'.
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Figure 64 -Comparison of Wing C alone pressure distribution with
low-wing/fuselage data at M=.90, a =5'.
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(a) n = .48
Figure 68 - Theoretical pressure distributions for Wing A using free-air

and measured tunnel boundary conditions; ail.5 0 .
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Figure 68 - Concluded.
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Figure 70. - Theoretical pressure distributions for Wing B using free-air

and measured tunnel boundary conditions; c =3.0 ° .
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Figure 70 .- Concluded.
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Figure 72 . - Theoretical pressure distributions for Wing C using free-air
and measured boundary conditions at M=.850 , a=5.0'.
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Figure 72 .- Concluded.
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Figure 73 - Theoretical distributions for Wing C using free-air

and measured boundary conditions at M=.90 , =5.0° .
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Figure 73 .- Concluded.
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Figure 74 -Effect of iteration number on Bailey-Balihaus code
results; Wing A at M-0.82 a =1l.5'.
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Figure 74~ - Concluded.
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Figure 75 .- Effect of iteration number on FLO-22 results;

Wing A at M=0.82 , a =1.5'.
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Figure 76 .- Effect of iteration number on FLO-27 results;
Wing A at M -0.82 ,t1.0
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Figure 77. -Comparison of non-conservative solutions with
experiment for Wing A at M =.82.
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Figure 78. -Comparison of conservative solutions with
experiment for Wing A at M .82.
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Figure 79 • - Comparison of FLO-22 results with experiment when viscous
corrections are included; Wing A, M =0.82.
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Figure 80. -Comparison of nan-conservative solutions
with experiment for Wing B at M = 0.90.
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Figure 81. - Comparison of conservative solutions with
experiment for Wing B at M = 0.90.
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Figure 82 .- Comparison of FLO-22 results with experiment when viscous
corrections are included; Wing B, M -0-90.
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APPENDIX A

THREE-DIMENSIONAL TRANSONIC CODE CORRELATIONS

This appendix contains the detailed results of comparisons of

theoretical solutions with experimental data for Wings A, B, and C. These

comparisons correspond to the summary results presented and discussed in

Section 7.3 of this report. The data include pressure distribution com-

parisons at each span location and spanwise distributions of local section

lift.
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results for Wing A; M = .82, C L -5
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Figure A-3. - Comparison of FLO-22 results with experiment when
viscous corrections are included; Wing A, M .82.
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APPENDIX B

EXPERIMENTAL DATA

(Appendix B - Experimental Data is contained
in a separate volume to this report.)
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